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A combustormodel of a rocket–ramjet combined-cycle engine was tested in the ejector-jet mode under a sea-level,

still condition. Themodel had two rockets in the duct. Propellants were gaseous hydrogen and oxygen. Design factors

of the combustor were cross sections at the entrance and the exit, length of the combustor, fuel injection position, and

rocket operating conditions. In the tests, the designed operation of the ejector jet was successfully attained, that is,

breathed air was choked at the throat section. Supersonic rocket exhaust and air were decelerated in the divergent

duct with an increase of the wall pressure. Fuel was injected in the downstream straight section and combustion gas

choked at the exit. The meanMach number was unity, and the mean combustion efficiency was 0.8 according to the

pitot pressure measurement and gas sampling. Suction performance was increased with an increase of the mixture

ratio of the rockets. The pressure level in the model was affected by the length of the upstream straight section. The

combustion status was not affected by the length of the downstream straight section or the position of fuel injection.

An increase of fuel caused an increase of the pressure until attainment of a stoicheometric condition.

Nomenclature

A = cross section
CRe = contraction ratio of downstream straight section area to

exit throat
CRi = contraction ratio of width of upstream throat section to

width of throat section
c� = characteristic exhaust velocity
D = diameter
h2 = height of combustor at exit
L1 = length of upstream straight section
L2 = length of downstream straight section
M = Mach number
_m = mass flow rate
O=F = mixture ratio of oxidizer mass flow rate to fuel mass

flow rate
P = pressure
T = temperature
w1 = width of combustor at entrance
x = streamwise distance from rocket nozzle exit position
�2 = total equivalence ratio of fuel injected in downstream

straight section

Subscripts

a = air
c = combustion gas, combustion chamber

mx = mixture
r = rocket
w = wall

I. Introduction

C OMBINED-CYCLE engines have been studied for application
in aerospace planes and hypersonic flight vehicles. A rocket–

ramjet combined-cycle engine, namely, a rocket-based combined-
cycle engine (RBCC), is one of the engines suitable for such vehicles
[1,2]. Figure 1 shows a schematic diagram of the engine. The most
famous concept of RBCC is the strutjet [3,4]. Using breathed air, the
engine attains a larger specific impulse than the rocket engine. There
are several kinds of rocket–ramjet combined-cycle engines with
different aerodynamic and combustion conditions. For example, fuel
for breathed air is supplied by residual fuel of the rocket exhaust in
one system, while it is supplied from a fuel injector downstream of
the rocket in another.

The rocket–ramjet combined-cycle engine has been studied [5–
13]. In this engine, there is no strut and the rocket engines are
installed in the ramp-shaped top wall. The engine is composed of the
ejector jet, ramjet, scramjet, and rocket modes. Figure 2 shows a
schematic of the operating modes. Fuel for breathed air is supplied
from a fuel injector downstream of the rocket in the ejector jet and
ramjet modes. In the scramjet mode, the rocket supplies fuel-rich,
precombustion gas as fuel. Combustor tests have been conducted in
the ramjet mode [10,11]. Scramjet mode combustor tests in a high
specific impulse condition have been conductedwith amodel having
two rockets working as precombustion, fuel-rich gas suppliers [12].
Ejector-jet tests have also been conducted [13–15]. In the tests with
engine models, rocket exhaust was simulated with nitrogen gas and
engine operation was demonstrated [14,15].

In the present paper, experimental results of a combustor model in
the ejector-jet mode are presented. Demonstration of the ejector-jet
mode operation of the combustor was the primary objective of the
present study, and themethod of design of the enginemodel was also
evaluated. Effects of other design factors, for example, length of the
combustor, on suction and/or combustion performances were also
investigated.

II. Experimental Model

A. Design of Combustor Model

Figure 3 shows the setup of an experimental model of the
combustor. Because this combustor model is also to be used for tests
in the ramjet and scramjet modes, the entrance geometry was
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designed so that the combustor could be connected to the M1.7
facility nozzle with a flange. The width can be adjusted by the
insertion of auxiliary parts in this ejector-jet mode testing. Operating
conditions and the amount of breathed air were estimated with a
simple model [5,13]. In this model, momentum is exchanged
between the breathed air and the rocket exhaust by the pressure at the
dividing streamline. The gases after the exchange were presumed to
flow in parallel under the same static pressure, conserving total
impulse function, mass, and energy. Base pressure around the rocket
nozzles would bemuch lower than the pressure of the choked airflow
or the rocket exhaust. Therefore, the pressure on the base area around
the rocket nozzles was presumed to be zero for simplicity. Gases
were assumed to be in the equilibrium condition in the calculation.

Propellants were gaseous hydrogen and gaseous oxygen. The
rocket chamber pressure and the throat diameter were selected so that
air could be breathed into the model under the flow rates of the
hydrogen and oxygen gases which the facility could supply. On a
rectangular base area, two rocket nozzles were integrated. These
geometries resembled that of the engine studied in the conceptual
studies [5,6]. Design chamber pressure and mixture ratio of the
rockets, �O=F�r, were 2.6MPa and 8, respectively. Themixture ratio
was selected so as to attain the greatest efficiency of combustion of
fuel injected into the downstream straight section. The throat and exit
diameters of the rocket nozzle were 13 and 18 mm, respectively. The
area ratio of the nozzles was small, and the Mach number was 2.0 at
the nozzle exit. Pressure at the exit of the rocket nozzles was 370 kPa,
larger than atmospheric pressure, due to the rather small area ratio of
the nozzles. The nozzles were of conical shape for simplicity of
machining, and their divergent angle was 30 deg.

The supersonic airflow and rocket exhaust were presumed to
expand isentropically in the divergent section with no mixing
upstream of the pseudoshock. The gases decelerated to subsonic

speed andweremixed in the region of the pseudoshock in the section.
Both the length of the pseudoshock and the reaction force in the
pseudoshock region were estimated with the momentum balance
model [9]. Fuel hydrogen for the breathed air was injected into the
mixture in the downstream straight section. In the design calculation,
combustion efficiency was presumed to be unity. Further
combustion accelerated the gas to sonic speed. Geometrical
convergence facilitated the acceleration. This choking sustained
increased pressure in the downstream straight section. The pressure
was determined based on the equivalence ratio of fuel injected into
the downstream straight section �2 and the exit throat height h2. The
equivalence ratio was set to be 0.8. Calculated properties at the
design condition are listed in Fig. 3.

In the design condition, w1 and h2 were 46.3 mm and 74.0 mm,
respectively. The amount of breathed air was 0:23 kg � s�1. The ratio
of the amount of the rocket exhaust to the air was 1.35. The starting
position of the pseudoshock was 40 mm downstream of the entrance
of the divergent section. Pressure of the mixture in the downstream
straight sectionwas 124 kPa, larger than atmospheric pressure. At the
same rocket operating condition with no fuel injection in the
downstream straight section, the starting position of the pseudoshock
was 160 mm downstream of the entrance, and the pressure in the
downstream straight section was 108 kPa. The pressure was 16 kPa
lower than that with the fuel injection. The effect of the secondary
combustion on pressure clearly appears at a higher speed with a
larger airflow rate [6].

Heat flux from the combustion gas at the throat was estimatedwith
the method of Bartz [16]. When the rocket chamber pressure was
4 MPa, it was 55 MW �m�2. Cooling water was presumed in the
nucleation boiling region. Heat flux to the water was calculated with
the equation of Niino et al. [17] and that of Jens and Lottes [17].
Because the calculation results indicated that the rocket chamber
could not be cooled to a thermal equilibrium condition, the rocket
operating period and the chamber pressure were limited to 5 s and
3 MPa, respectively. This chamber pressure was necessary to keep
the pressure at the exit throat around atmospheric pressure.

B. Experimental Model

Figure 4 shows a schematic of the combustor model. Tests were
conducted in a sea-level still condition. The model consisted of a
rocket block, a throat section, an upstream straight section, a
divergent section, and a downstream straight section. The length of
the upstream straight section L1 was 210 mm in the baseline design
condition. In some tests, this section was shortened to 140 mm to
investigate the effect of the length downstream of the rockets on the
pressure level in the model. The length of the downstream straight
section L2 was 330 mm in the baseline design condition. A longer
straight section of 660 mm, as shown in Fig. 4, was used to
investigate the effect of length on combustion. This longer duct had
two fuel injectors and the effect of the fuel injection position on
combustion was investigated with this duct. The width of the duct at

Fig. 1 Schematic of rocket–ramjet combined-cycle engine.

Fig. 2 Schematic of operating conditions of rocket–ramjet combined-

cycle engine.

Fig. 3 Calculated operating condition at design condition.
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the entrance w1 and the height at the exit h2 were parameters. The
baseline design width and the baseline design height were 46.3 and
74.0 mm, respectively, based on the designed configuration. The
width at themodel entrancewas 94.3mmwith no insertion of blocks.
The contraction ratio of the throat sectionCRi is defined as the width
of 94.3 mm tow1, whereas the ratio of the exit throat CRe is defined
as the height of 83.3 mm to h2.

The rocket block was made of a copper alloy, and the other
sections were made of stainless steel. The rocket combustion
chamber was a parallelepiped connected to two rocket nozzles. The
standardmixture ratio of the rocket was �O=F�r � 8. c� efficiency of
the rocket was 0.92 with a discharge coefficient of 0.85 [12]. The
rocket nozzles were cooledwith water. The origin of the x axis was at
the exit of the rocket nozzle position as shown in Fig. 4. The wall
which had the rocket nozzles is designated as the rocket-side wall,
whereas the wall on the other side is the cowl-side wall.

Fuel was injected into the downstream straight section to
accelerate the combustion gas for choking at the exit. The
equivalence ratio for the fuel was calculated for residual oxygen from
the reaction between the breathed air and the rocket exhaust. The
amount of breathed air was calculated based on the geometrical cross
section at the throat section and measured pressure at x� 0 on the
cowl-side wall.

C. Measurement

Wall pressure was measured along centerlines on the walls as
indicated in Fig. 4. Pressure was measured with a mechanical
scanner, SCANIVALVE®, in the 50-ms sampling period. The
accuracy of pressure was �0:2%, �1:4 kPa in wall and pitot
pressure, and�10 kPa in rocket chamber pressure. The pressure of
the atmosphere was measured with an accuracy of�15 Pa.

Pitot pressure measurement and gas sampling [18] were
conducted at 60 positions on the exit plane. Sampled gas was

analyzed by gas chromatography (Micro-GC CP4900®). The
rocket-side wall pressure at the throat was used to calculate gas
properties with the measured pitot pressure, in place of static
pressure. The combustion efficiency was estimated based on the
residual propellants from the rockets and the fuel injected into the
downstream straight section. The residual propellants of the rockets
were estimated to have a combustion efficiency of 0.8 based on the c�

efficiency. In the estimation process of combustion efficiency, it was
presumed that the rocket exhaust and the breathed air were mixed
sufficiently in the region of the pseudoshock before the injection of
fuel in the downstream straight section. Mean properties were
calculated by integration of the local properties. The mass,
momentum, and energy were integrated within the measured region.
The measured area agreed with the geometrical cross section at the
exit of the straight section.Meanmolecular weight and specific heats
were also calculated. Based on the integrated values and mean gas
properties, mean values of combustion efficiency and Mach number
were calculated.

III. Results and Discussion

Baseline design conditions were as follows: w1� 46:3 mm
(CRi� 2:04), h2� 74 mm (CRe� 1:13), �O=F�r � 8,
Pc;r � 2:6 MPa, and �2� 0:8. According to the model design
calculation results, the breathed air would be choked at the entrance,
the rocket exhaust and the breathed air would be supersonic at the
entrance of the divergent section, and the combustion gas would be
choked at the exit. Demonstration of this design operating condition
was the primary objective. Design factors, namely, length of the
combustor, fuel injection position, areas at the entrance and at the
exit, equivalence ratio, and rocket operating conditions, were also
investigated in this series of experiments.

Fig. 4 Schematic of experimental model.

KANDA ET AL. 1155



A. Operation at Baseline Design Condition

Figure 5 shows wall pressure distributions at the baseline design
condition. The mixture ratio, the pressure of the rocket chamber, and
equivalence ratio �2 were 8.36, 2.59 MPa, and 0.9, respectively,
being slightly different from those of the design condition.

Air was choked at the exit of the throat section. Pressure increased
after choking and was higher than the design value. Wall pressure
approximately reached the predicted design value around the
entrance of the divergent section. The cowl-side wall pressure at the
�2� 0 condition became lower than the choking pressure of still air.
This decrease of pressure in the divergent section showed that the
gases were at supersonic speed. Thus, the downstream flow
condition did not affect the pressure distributions upstream of the
divergent section at �2� 0:9 and �2� 0. The subsequent increase
and recovery of pressure indicated a deceleration of gases. The
starting position of the increase of wall pressure, that is, the starting
position of the pseudoshock was about 50 mm from the entrance of
the divergent section. At the �2� 0 condition, the position was
120 mm. These positions agreed reasonably well with the predicted
ones in the design.

The highest pressures in the downstream straight section were
lower than the values predicted in the design process. Such
deterioration was probably caused by a lower combustion efficiency
and a smaller amount of breathed air. The peak pressure on the rocket
side at x� 735 mmwas caused by blockage of the subsonicflow at a
compression corner of the exit throat [19].

The pressure decreased toward the exit, which indicated that the
combustion occurred at subsonic speed. This is clearly at a higher
CRe condition, as mentioned later. Pressures on the cowl side and on
the rocket side differed at the exit. This disagreement in pressures
was caused by the asymmetric throat configuration. The cowl-side
wall pressure port at the exit was probably still upstream of the sonic
line. The combustion gas was choked at the exit throat. This
disagreement of pressures at the model exit also appeared in an
aerodynamic testing of a combined-cycle engine model with a
similar asymmetric throat configuration [15]. According to the pitot
pressure measurement shown in the next section, the mean Mach
number was unity at the exit plane.

The rocket-side throat pressure was 76 kPa. Though this valuewas
lower than the predicted pressure in the design calculation, the ratio
to the pressure in the downstream straight section was 1.4, namely,
close to the design ratio. According to separation criteria [20–22], the
pressure ratio is around 1.3 at an inflowMach number slightly above
unity. The combustion gas probably flowed out at supersonic speed
with shock waves from the edges at the exit of the combustor model.

B. Properties on Exit Plane

Figures 6a–6c show the Mach number, equivalence ratio, and
combustion efficiency distributions on the exit plane at the baseline
design condition. The cowl-side surface is at z� 0 mm. The y axis is
in the lateral direction and its origin is on the sidewall. The frame
lines of the figures agree with the geometrical throat. Broken lines
represent the rocket nozzles and the base area around the nozzles.
Hydrogen collected by the probes constituted 73% of the injected
fuel.

Injected fuel and combustion efficiency were approximately
uniformly distributed. This indicated sufficient mixing of fuel. The
mean combustion efficiency was 0.81. The Mach numbers were
around unity and the mean Mach number was 1.0. Combustion gas
choked at the exit throat.

Momentumwas 620N, pressure force was 530N, and the impulse
function was 1150 N at the exit. This is about 0.9 of the impulse
function of 1240 N at the design calculation. This lower impulse
function was caused by the combustion efficiency, being lower than
unity. When the inflow impulse function is a product of the
atmospheric pressure and the cross section at the model exit, it is
700N. The thrust by themodel is estimated to be 450N. On the other
hand, the impulse function of the rockets is 890 N, based on the c�

efficiency of 0.9, and the thrust by the rockets integrated in the
combustor model was 190 N, assuming that the inflow impulse
function was 700 N. The thrust by the combustor model was
augmented by air breathing and subsequent combustion in the
integrated engine-model configuration.

The rocket solo thrust was 740 N at sea level with the nozzle exit
diameter of 18 mm. It was larger than the thrust of the model.
Generally, in the low-speed range, the ejector-jet engine produces a
thrust similar to the rocket solo thrust [6].

C. Entrance Area

An effect of the area at the entrance on suction performance was
investigated. Wall pressure distributions are shown in Fig. 7. The
width at the entrancew1was 54.3 mm, that is, CRi � 1:74, namely,
larger than the baseline design condition. The other conditions were
the same as those in the baseline design condition. Figure 8 shows
wall pressure distributions in the throat section at several contraction
ratios at the �2� 0 condition.

In Fig. 7, breathed air was not choked at the exit of the throat
section, but the supersonic flow condition was attained around the
entrance of the divergent section. In Fig. 8, pressure in the throat
section was increased with the decrease of CRi. In the experiments,
choking was unattainable when CRi was smaller than 1.74. In the
design calculation, choking in the upstream throat was unattainable
at w1� 74:3 mm, that is, CRi � 1:27.

In Fig. 7, the disagreement in pressure between the cowl side and
the rocket side indicated choking of gases at the exit throat. The wall
pressure in the divergent section increased when fuel was injected
into the downstream straight section. This pressure in the
downstream straight section should increase with an increase of
the amount of breathed air at a specified equivalence ratio and at the
same combustion efficiency. At CRi � 2:04 and CRi � 1:74
conditions, airflow rates were estimated to be 0.23 and 0:27 kg � s�1,
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Fig. 5 Wall pressure distributions at baseline design condition.

Fig. 6 a) Mach number, b) equivalence ratio, and c) combustion
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respectively, even though choking was unattainable at the CRi �
1:74 condition. However, pressure levels in the downstream straight
section were similar in the two CR conditions.

The reason is discussed here. The mass flow rate is expressed as
follows:

_m� PA �M
�������
�

RT

r
(1)

Then,

P� 1

A

_m

M

������������
R � Tt
�

s
1���������������������������������������

1� 	�� � 1�=2
M2
p (2)

The Mach number of the combustion gas in the downstream
straight section is determined with the ratio of the area of the
downstream section to that of the exit throat. Thus, pressure in the
downstream straight section should increase with an increase of the
mass flow rate. In spite of the increase of the breathed air, pressure in
the downstream straight section hardly increased at the CRi � 1:74
condition. This might have been caused by poor combustion
efficiency of the fuel injected into the downstream straight section.

Though the pressure in the throat section became lower with the
increase of CRi, the amount of breathed air increased with the
decrease of CRi. A larger amount of air causes larger thrust. When
the choking of the breathed air is attained around the entrance of the
divergent section and the pressure increase due to combustion in the
downstream straight section does not propagate into the upstream
straight section, a smaller CRi is preferable to an increase of the rate
of breathed airflow.

D. Rocket Operating Conditions

Figure 9 shows the effect of the rocket mixture ratio �O=F�r on
suction performance. The rocket chamber pressure was 2.6MPa, and
�2� 0:9 or 0 in the baseline design condition. �2 did not affect the
suction performance because the influence of combustion in the
downstream straight section did not propagate into the upstream
straight section. One of the reasons for the scatter of the values was
variance of rocket chamber pressure. The suction performance
increased with the increase of the mixture ratio, that is, with heavier
mean molecular weight.

The effect of rocket chamber pressure on suction performancewas
investigated at several rocket mixture ratios. Figure 10 shows wall
pressure at x� 0 on the cowl side against the rocket chamber
pressures. When the rocket chamber pressure increased, suction
performance was degraded and choking unattainable. Although the
impulse function increaseswith the increase of the chamber pressure,
the suction performance is degraded. As the rocket chamber pressure
increases, the pressure in the upstream straight section increases after
the interaction between the rocket exhaust and the breathed air. It is
difficult for the air choked at the throat section to expand in the
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upstream straight section. Furthermore, the impulse function and the
velocity of the air after the interaction decrease due to the higher
pressure level in the interaction. With an increase of the rocket
chamber pressure, it is difficult for the Mach number of the breathed
air to increase after the interaction, and finally choking of the air is
unattainable. According to the prediction by calculation in the design
process, choking of the breathed air was unattainable at Pc;r �
3:1 MPa and �O=F�r� 8.

E. Length of Upstream Straight Section

The effect of the length of the upstream straight section on the flow
condition of the air was investigated. Figure 11 shows wall pressure
distributions with the 140 mm and the 210 mm upstream straight
sections. Figure 4 shows the model configuration with the 210 mm
upstream straight section. By removing the hatched component in
Fig. 4, the model configuration with the 140 mm section was
attained. The condition of �2� 0 and the long downstream straight
section were applied. With the 140 mm section, the pressure level in
the upstream straight section was lower than that with the 210 mm
section. With the 140 mm section, a pressure drop was not observed
around the entrance of the divergent section on the cowl side,
whereas with the 210 mm section, a clear decrease in pressure was
measured there.

F. Exit Throat Area

The effect of the height at the exit throat on the flow conditions of
gases was investigated. As CRe increases, the Mach number
becomes smaller and pressure becomes higher in the downstream
straight section under the choking condition. Wall pressure
distributions are shown in Fig. 12. As CRe increases, the Mach
number decreases and the impulse function increases upstream of the
convergent section, that is, in the downstream straight section.

To realize the larger impulse function, the reaction force should
increase in the divergent section. The pressure level obtained with a
larger exit contraction ratio condition was higher in the divergent
section and the starting position of the pseudoshock moved
upstream. This higher pressure affected the interaction between the
breathed air and the rocket exhaust in the upstream straight section,
and made choking unattainable in the throat section at the CRe �
1:21 condition.

G. Equivalence Ratio

The effect of �2 was investigated. Wall pressure distributions at
various�2 are shown in Fig. 13. The impulse function is expressed as
follows:

F� _mu� PA� _m

������������������
� � R � Tt
p���������������������������������������

1� 	�� � 1�=2
M2
p �

M� 1

� �M

�
(3)

The impulse function of combustion gas increaseswith an increase of
total temperature, that is, an increase of the equivalence ratio.

As shown in Fig. 13, the pressure level in the divergent and
downstream straight sections increased with the equivalence ratio.
With the increase of �2 from 0 to 0.5, the wall pressure became
higher in the downstream straight section. With the further increase
of �2 from 0.5 to 1.0, the starting position of the pseudoshockmoved
upstream in the divergent section.When�2 increased from1.0 to 1.6,
heat release did not increase greatly, and the increase of pressure in
the divergent section was small.

H. Length of Downstream Straight Section and Fuel Injection

Position

Figure 14 shows wall pressure distributions with the longer
downstream straight section. Fuel injection positions are indicated in
Fig. 4. Themixture ratio of the rocket �O=F�r was 7.8, slightly lower
than 8. Thus, the suction performance was lower than in the baseline
design condition, as shown in Fig. 9, and choking was broken at the
throat.
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Wall pressure distributions were similar, namely, no difference
was attained by the fuel injection position in the downstream straight
section. Furthermore, the starting position of the pseudoshock and
the pressure level in the downstream straight section were similar to
those in the baseline design condition with a shorter downstream
straight section. The combustion conditionwas not improvedwith an
increase in the length of the combustor.

IV. Conclusions

A combined-cycle combustor model was tested in the ejector-jet
mode at a sea-level still condition. The following points were
clarified.

1) Operation of the ejector-jet mode was demonstrated. That is, air
was breathed and choked at the throat section. Rocket exhaust and air
became supersonic around the entrance of the divergent section.
Supersonic gases were decelerated to subsonic speed in the region of
the pseudoshock in the divergent section. The subsonic mixture was
accelerated to sonic speed by combustion and convergence of the
combustor wall.

2) The experimental operating conditions reasonably well agreed
with the predicted design conditions.

3) The mean Mach number was 1.0, and the mean combustion
efficiency was 0.8 as shown by the pitot pressure measurement and
gas sampling.

4) Several design factors were investigated. Area ratios affected
suction performance at the entrance and pressure level at the exit. The
mixture ratio and the chamber pressure of the rockets affected the
suction performance of air. The length of the upstream straight
section affected the pressure level in this section. The combustion
status was not affected by the length of the downstream straight
section or the position of fuel injection.
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Fig. 14 Effects of length of downstream combustor and fuel injection

location on wall pressure distributions.
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